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AT MACH NUMBERS NEAR 1

By Louis W. Habel and Mason F. Miller
SUMMARY

Measured pressures over airfoils at Mach numbers near 1, with
subsonic velocities at the nose and supersonic veloclties throughout
the rear portion, are analyzed by camparison wlth calculations for
gimpler cases. The flow directly behind the sonic point on an airfoil
1s of a camplicated nature and 1is not subJect to the abrupt disconti-
nulty inherent to the Prandtl-Meyer flow at a Mach number of 1.
Neilther the Prandtl-Meyer flow, a purely supersonic theorem, nor ths
flow determined by a limear—velocity extrapolation of the pressure
distribution in the subsanlic reglon is valid throughout the reglon of
supersonic flow over the airfoils. The Prandtl-Meyer flow, however,
1s shown to be an excellent approximation of the measured flow over an
airfoil if applied at sufficlently high Mach numbers starting at a
polnt at, or rearward of, the alrfoll maximm thickness location. The
linear—veloclty extrapolation of the subsonlic pressure distribution
holds for only a short distance rearward of the sonic—velocity location.
The computed boundary-layer thickness was found to chenge the turning
angle of the flow very little if separation of flow fram the airfoil
is not considered.

INTRODUCTION

With present availasble theories the flow over aerodynamic
surfaces may be easlly camputed provided that the flow i1s entirely
subsonic or entirely supersonic. When subsonlc and supersonic flowa
occur simultaneously over various parts of the same surfacs, however,
calculation of the flow becames extremely difficult. In the specific
case of two—dlmensional flow with a stream Mach number of 1, a solution
has bsen obtained for an alrfoll shape designed expressly for ease in
camputing the flow (reference 1). However, the work of reference 1
has not been extended to campute the flow for & more general airfoil.

~CONEENY. I,
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Tt 1s thus necessary, even in the case of a stresm Mech number of 1,
to rely on experimental iInformetlion cbtained at transonic Mach nmumbers
to analyze problems in the region of mixed flow.

During an analysis of pressure—distribution date obtained in the
Langley annular transonic tunnel for an | NACA 66-006 airfoll at a Mach
number of 1 and an angle of attack of 0° (reference 2), the experimental
pressure distribution in the supersonic portion of the flow was campared
with the pressure distribution obtained from the Prandtl-Meyer pressure—
turning-angle relationship (described in reference 3). The Prandtl—
Meyer flow was camputed rearward from the meéasured sonic—velocity
location on the airfoll surface. It is shown in reference 2 that
although the approximation indicated higher local supersémic velocities
than were experimentally realized, the experimental and computed points
of maximum veloclity ag well as the general shapes of the supersonic
portion of the pressure—distribution curves were in good. agreement.

The data of reference 2 are for only one airfoil at one Mach
pumber and one angle of attack. Recently, however, additional data
have been cbtained for ancther airfcil section through a range of Mach
numbers near 1 at several angles of attack. The additional data were
obtalned for blade segctions of a rotating “Pall-scale propeller in the
ILangley l16-foot high-speed tumnel (reference 4). If camparison with
the Prandtl-Meyer flow is made In the same manner as in reference 2
for a blade section operating at & Mach number near 1, the same
conclugionsg are reached as in reference 2; that 1s, the approximation
predicts the shape of the supersonic portion of the pressure—
distribution curve, but indicates higher local supersonic velocities
than were measured. -

Ag 1t appeared that the Prandtl-Meyer flow could be used to
advantage in analyzing data obtained in the mixed—flow region, it was
decided to make & more detalled camparilson between experimental resulte
and theory. A study of the flow pattern cbtained indicated that better
agreement between experiment and theory than that presented in
reference 2 might be realized by camparing the experimental result with
the pressure distribution obtdined by camputing the Prandtl-Meyer flow
from a station corresponding to a local Mach number appreciably higher
than 1 and by using a polyncxnial extrapolation in the prox:l_mity of the
gonlc line.

In the present paper, the measurements upcn which references 2
and 4 are based are utilized to make further comparisons with theory.
It 18 not the purpose of this paper to present an empirical method
from which pressure distributions may be estimated, but to caupare the
pressures measured in the supersonic region of the transmmic flow over
several airfoils with pressures camputed for simpler instances. In
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addition, the effect of the ailrfoll boundary layer on the turning
angle of the flow 1s studied.

DISCUSSION ’

Theoretlcal basis of approximations.— The purely supersaonic flow

past an alrfoll may be computed as a simple Prandil-Meyer flow
(reference 3). The flow is assumed parallel to the airfoil surface and
1s represented by & serlies of Mach waves originating at the surface.
Only one family of the two possible familles of characteristics need
be congldered. With transonlc flow, however, the supersonic flow
dilrectly behind the sonic line may not be truly represented by the
cne—family characteristic system of the Prandtl-Meyer flow. Expansion
wvaves origlnating at the airfoll surface reach the sonic—velocity line
and cause campression waves which return to the alrfoll surface. Thus
the general double—wave structure or characteristic system is the true
representation in thie region (references 1 and 5).

At the sonic velocity, the Prandtl-Meyer flow has an infinite
rate of change In velocity (or pressure) with turning angle. The
theory of references 1 and 5, however, indicates that the flow past the
gonlc—velocity location on an alrfoll of analytic contour is not
subJject to the abrupt discontinuity inherent to the Prandtl-Meyer flow.
The Prandtl-Meyer flow, nsglecting the Incaming compresslons, indicates
the lower limit of the pressures over an airfell surface in transonilc
flow rather than the actual pressure distribution.

At stream Mach numbers nsar 1, the sonic—velocity llne after
starting as usual at an oblique angle turns more and more perpendicular
to the streamlines. The Plow field, therefore, becomes more parallel
to the surface and thus better satisfles one of the requirements of
the Prandtl-Meyer flow. The effect 1s a better approximation of the
pressure distribution 1f the Prandtl-Meyer flow 1s computed fram &
point farther downstream than the sonic—xelocity location.

According to the indicatlons of references 1 and 5, the flow
should pass smoothly through the sonic velocity and it should be possible
by analytic continuatlion of the pressures in the subsonic reglon — that
is, by a purely mathematical treatmsnt — to determine the pressures for
a finite chordwise dlstance into the supersonic region. A simple linear
extrapolation of the veloclty through the sonic—velocity boundary,
however, is a rather lnadequate treatment, as will be shown.
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Camparison of Prandtl-Meyer flow with measurements.— The experi—

mental pressure distribution about an NACA 66-00€ airfoil at a Mach
number of 1, a Reynolds mumber of about 2.7 X 106, and an angle of
attack of 09 {reference 2) is presented in figure 1. It is seen fram
the figure that the Prandtl-Meyer flow camputed fram the sonic—velocity
location (18—percent—chord station) indicates higher local supersonic
velocitles over . the ailrfoll than were experimentally obtained.

In figure 2 a simllar camparison 1s made between experimental
results and the Prandtl-Msyer flow for ancther airfoil section. The
experimental data were obtained by measuring the pressure distribution
over one blade of a two-blade propeller cperated in the Iangley l6-foot
high-speed tunnel (reference 4). The tests werse conducted with
NACA 10—(3)(08)—03 design blades and the date presented were obtained
at the 0.8 radius statiog for a section Mack number of 1.00, a Reynolds
number of about 3.5 X 109, and a section angle of attack of 0.35°.

The angle. of attack is corrected for induced flow through the propeller.
The airfoll section at this station is nearly an NACA 16307 section. It
may be seen as shown 1in figure 1 that the pressure distribution obtained
by computing the Prandti-Meyer flow indicates higher local supersonic
veloclities. over the upper surface of the alrfoll than those experi-
meptally realized. Agaln, however, the general shapes of the experl—
mental and theoretical curves are in good agreement.

In figure 3 the pressure dlstribution over the upper surfeace of
the same section as for figure 2 18 pressnted for & section Mach
number of 1.09, & Reynolds number of about 3.8 X 106, and e section
angle of atteck of 3.0°. A camparison similar to figure 2 l1a shown
and 1t may be noted that the difference in magnitude between the
experimental velocities and those obtained by camputing the Prandtl-—
Meyer flow is greater for an angle of attack of 3.00 than for an angle
of attack of 0.35°.

As previously stated, it was believed that the Prandtl-Meyer flow
would yield results closer to the measured pressures -1f 1t were camputed
from a point farther rearward on the alrfoil than the sonic—velocity
location. Accordingly, the calculations were repeated, starting with
the measured pressures at the 50-percent—chord station on the airfoils

"and applying the Prandtl-Meyer flow both forward snd rearward of this
gtatlion.

The experimental and computed pressure dlstributions are campared
for the NACA 66-006 airfoil in figure 4. The &greement of the two '
curves is excellent between the 35— and 60—percent—chord stationms.
Rearward of the 60-percent—chord statiom, the camputed curve predicts
higher ve%pcities than those measured. Similar camparisons are made
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for the NACA 16307 airfoil section in figures 5 and 6. For both
cases (0.35° angle of attack and 3.0° angle of attack, respectively),
the agreemsnt between the experimental curve and the camputed curve
is excellent fram sbout the 4O-percent—chord station to the rear of
the airfoll section.

The excellent agreement shown in figures 5 and 6 is rather sur—
prising when 1t 'ls congidered that the PrandtMeyer flow was developed
for the two-dimensional flow case and that the experimental data were
cbtained at Mach mmbers near 1 at the 0.8 radlus stetion of a pro—
peller blade where the flow would not be expected to be entlrely two
dimensional (reference 4). For the case of the NACA 66-006 airfoil,
if the Prandtl-Meyer pressure—turning-angle relationship ls used in
the reverse procedure to campute the alrfoll profile which would.
theoretically produce the experimental pressure dlstribution obtained
fram the 50—percent—chord station rearward, 1t is found that ths
camputed airfoil profile is thicker than the NACA 66006 airfoil from
approximately the 60-percent—chord station rearward. A rapid Increase
in the rate of thlckening of the boundary layer at approximetely the
60-percent—chord station would cause such an apparent thickening of the
airfoll profile.

As a matter of interest regerding the NACA 66-006 airfoil, the
Prandtl-Meyer flow was camputed forward and rearward of the 65—percent—
chord station to determine how far rearward 1t was necessary to start
the applicetion of the Prandtl-Meyer flow to obtain agrsement over
the rearmost portion of the airfoll. This result is presented in
figure 7. It is noted that the agreement between the Prandtl-Msyer
flow and experiment is excellent (when comsideration 1s given to the
boundary layer as dlscussed later)} fram the 65—percent-chord station
to at least the 90-percent—chord station. A series of weak shock
waves probably occurs near the tralling edge of the alrfoll because of
the cusp, thus causing the camputed curve to disagree slightly with the
experimental curve fram the 90-—percent—chord station rearward.

In order to get an Indication of the minimm free-stream Mach
number at which the Prandtl-Meyer flow Indicates accurately the
pressure distribution from the central portion of the airfoll rearward,
the pressure distribution was camputed for the NACA 16307 airfoil
section for Mach numbers of 0.984, 0.955, and 0.882 by assuming agree—
ment between experiment and theory at the 50-—percent—chord statlom.
Camparisons between experiment and the Prandtl-Meyer flow for these
conditions are presented in Ffigures & to 10.

Tt may be noted in figure 8 that when the shock wave is well
toward the rear of the airfoll, good agreement may be expected between
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experiment and the Prandtl-Meyer flow when applied as previously stated.
Figures 9 and 10 Indicate that as the free—atream Mach number is
reduced and the shock wave moves forward on the airfoil, the agreement
between the Prandtl-Meyer flow and experiment becames poorer. The
experimental results indicate that the shock wave is at approximately
the same location (slightly behind the 80—percent—chord station) far
a Mach mmber of 0.955 at an angle of attack of 2.71° and & Mach
number of 0.882 at an angle of attack of —0.54°. It is thus indicated
that aside fram the effect of shock~wave location (chordwise extent

of supersonic region) the discrepancy between experiment and the
Prau;n%dtl—Meyer flow is influenced considerably by the free—stream Mach
nunmber. :

It appears possible from the foregoing curves that near a gtream
Mach number of 1 the Prandtl-Meyer flow may be applied with excellent
results on these alrfolls fram the central part of the airfoll rearward.
As the Mach mmber is reduced fram 1, however, the accuracy of the
Prandtl-Meyer flow is reduced. Also, if the boundary layer thickens
appreciably or separates, the airfoil surface may no longer be considered
the boundary of eupersonic flow. It is evident that the flow phenamencn
directly aft of the sonic~velocity locaticn 1s of a camplicated nature
and cannot be accurately calculated with the simple Prandtl-Meyer flow.

Camparison of linear—velocity extrapolation with measurements.—

It would have been interesting, with sufficiently camplete and accuxrate
data in the subsonlc region of the flow about an airfell at Mach
numbers near 1, to investigate the extent to which an analytic extra—
polation of the velocity into the local superdoiiic reglon 1s reasonably
velid. TUnfortunately, as can be seen in the figures, the number of
data points in the subscnilc.region was generally quite inadequate for
such a ptudy. With the glven data, little more than linear—velocity i
extrapolations of the velocity through the sonlc point (similar to the
procedure of reference 6) are Justified. Such extrapolations are shown
in figures 11 to 13. It may be noted that the extrapolated curves and
the experimental curves are In agreemsnt for same finite chordwise
distance rear of the sonic—veloclty location, thus Indicating that the
flow through the sonilc veloclty 1s continuous. The region of apreement,
however, 1l go small that a linesr—veloclty extrapolation is of little
value in predicting the local supersonic flow over the surfaces
considered.

Effect of boundary layer upon airfoll pressures.— The presence of

a boundary layer on an alrfoil effectlively increases the thiclmess
of the airfoil profile and thus affects the airfoll pressures. Con—
sequently, it 1s important to evaluvate the magnitude of this effective
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thickening. Calculations of the boundary-layer displacement thiclkmess
were therefore made for the NACA 66-006 and NACA 16-307 airfoils to
obtain the boundaries of air flow fram which pressures were calculated
with the Prandtl-Meyer flow.

The boundary—layer—thickness celculations were based upon the
measured airfoll pressures and were made with the campressible-flow
equations presented In reference 7. As the location of transition
from e laminar to a turbulent boundary layer was not known, assump—
tions were made regarding this point. For the NACA 16-307 airfoil,
transition wvas assumed to occur at the 50-percent-chord statlon. For
the NACA 66-006 airfoil, the transition was assumed at the 60—percent—
chord statlion In order to determine whether or not transition was the
cause of the difference, shown in figure 4 to start at approximately
this station, between experimsnt and the Prandtl-Meyer flow.

For the estimation of the dlsplacement thicknesses of the laminsr
and turbulent boundary layers, the theorstical curves of reference T
were used. These curves gave values for the ratlio of dlsplacement
thickness to mamentum thickness of about 3.6 for the laminar layer and
about 1.9 for the turbulent layer (for which values of Hy, in the

notation of reference 8.:’ were teken as 2.59 and 1.2, respectively).

Shown In figure 14 are the camputed growths of the boundary-layer
mamentum and displacement thiclmesses along the surface of the
NACA 66-006 airfoil with transition assumed at the 60-percent—chord
gstation. As the dilsplacement thickness was determined by computing
the mamentum thickness and applying the ratlo of displacement thickness
t0 momentum thickness, a discontinuity occurs in the dlsplacemenc—
thickness curve at the point of trangition. This discontinuity occurs
because the ratio of displacement thickness to mamentum thickness is
assumed to change fram 3.68 to 1.85 as the boundary layer changes fram
laminar to turbulent.

The effect of the camputed boundary-layer thickness upon the air—
foil pressures is shown in figures 15 and 16. It is Indicated that the
camputed boundary-layer thiclkmess has & small effect upon the airfoil
pressures calculated with the Prandtl-Meyer flow from the sonic points

rearward. The effect 1s so small as 10 be negligible for the NACA 16307

ailrfoil section and for all portions of the NACA 66-006-airfoil section
except at the cusp near the tralling edge where the pressure gradient
is adverse. It should be remembered that the theory of reference T

does not consider separation or abrupt thickening of the boundary layer.
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CONCIUSIONS

Comparisons of calculated pressures with measured pressures on
airfolls at Mach numbers near 1 indicate the following conclusions:

1. The flow directly behind the sonlc point on an airfoil 1s of
a campllicated nature and Is not subJect to the abrupt discontinulty
inherent to the Prandtl-Meyer flow at a Mach number of 1. There is
some finite distance directly behind the sonlc—velocity location where
the linear—veloclty extrapolatlion of the subsonic pressures 1is In
close agreement with the experimental pressure distribution, thus
indicating that the flow through the sonlc velocity is continuous.

2. Neither the Prandtl-Meyer flow, nor the flow determined by a
linear—velocity extrapolation of the pressure distribution in the
pubsonic region is valid throughout the reglon of supersomic flow over
ths airfoils. It appears possible, however, that the Prandtl-Meyer
flow may be applied &t free—stream Mach numbers near or above 1
with excellent results on these ailrfoils fram the central portion
rearward.

3. As the free—stream Mach number is reduced from 1 and the
shock wave at the rear ¢f the alrfoll surfece moves forward, the accu-
racy with which the Prandtl-Meyer flow predicts the pressures fram
the central portion of the airfoll rearward becames poorsr. It is
indicated that sslde froam the effect of shock—wave locatiom {chordwise
extent of. supersonic region) the discrepancy between experiment and
the Prandtl-Meyer flow 1s influenced considerably by the free—stream
Mach number. ’

4. The camputed boundary—layer thickness has a very esmall effect
upon the airfoll pressures calculated with the Prandtl-Meyer flow
if separation of flow from the airfoil is not considered.

Langley Aeronsutical ILeboratory
Nationsl Advisory Camittee for Aeransutics
Langley Alr Force Base, Va.
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